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1. INTRODUCTION 

The purpose of this study is to establish the payload capabilities of 
so la r -e lec t r ic  propulsion systems (using current ly  programmed NASA 
launch vehicles) in performing ear th  satell i te scientific missions.  
t icular emphasis is given to the determination of real is t ic  power plant 
weights which required a detailed evaluation of power-conditioning require-  
ments and carefu l  a s ses smen t  of s o l a r  cel l  efficiencies including the effects 
of degradation due to  radiation, solar s torm,  micrometori tes ,  e tc . ,  as a 
function of required lifetime. 
the study and includes the perturbations due to the ear th 's  oblateness, 
gravitational effects of sun and moon, atmospheric drag, and so lar  radia- 
tion pressure .  This program was used to derive the paramet r ic  perform- 
ance data for  a family of solar-electric-propelled spacecraft .  
performance capabilities were then compared with the requirements of 
the NASA planned ear th  satell i te missions, and two systems (one utilizing 
an  electrothermal  engine and one an electrostat ic  engine) were selected 
for sys tem design analysis. Conceptual designs of these spacecraf t ,  each 
capable of performing the Polar  Orbiting Geophysical Observatory (POGO) 
scientific mission, were derived and a r e  presented here .  

Par- 

A digital computer program was derived for 

These 
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2. SUMMARY 

This repor t  presents  preliminary sys tem designs of two so lar -  
electric-propelled spacecraf t ,  one utilizing an electrostat ic  engine (ion), 
F igure  2-1, and the other utilizing a n  electrothermal  engine (resisto-jet)  , 
Figure  2-2, both of which a r e  capable of accomplishing the Polar  Orbiting 
Geophysical Observatory (POGO) scientific mission. 
and maximum altitude capabilities of both sys tems actually exceed the 
POGO requirements.  

Maximum payload 

The sys tems presented used the Thor-Agena B launch vehicle, 
utilize so la r  cel ls  for  p r imary  power, and have three-axis cold gas 
attitude control sys tems for  the spacecraft  proper  and independent power 
gimbal dr ive attitude control systems for  the scientific packages. 
board high-density magnetic tape storage sys tem is provided with a data 
s torage  capacity in excess of 11, 000, 000 bits. 

An on- 

The paramet r ic  performance of a family of spacecraf t  of both types 
is depicted in Figure 5-24 in Section 5. 
power levels,  the electrothermal  engine spacecraf t  is super ior  t o  the 
electrostat ic  engine spacecraft  from both an  orbit  t r ans fe r  t ime and maxi- 
mum altitude standpoint. 
requi red  for  the electrostat ic  engine spacecraf t ,  and because of the spat ia l  
dynamics of the orbit plane, the satellite passes  through the ear th ' s  
shadow before it can reach an  altitude sufficient t o  remain  c l ea r  of the 
shadow. 
I V Y  Figures  5- 24a and 5- 24b) a r e  altitude limited. 

The figure shows that for  equal 

Because of the long orbit  t r ans fe r  t imes 

As a resul t ,  the ion engine sys tems shown (Configurations I11 and 

It is apparent f rom the i l lustrated solar-electr ic-propel led space-  
craft performance that all of the electric engine spacecraf t  types investi- 
gated a r e  capable of performing any of the scientific ear th  satell i te 
missions up through the POGO class.  
capability attainable, pertaining t o  altitude and payload, is significantly 
affected by choice of engine type. 
great ly  affected by engine type ( s e e  F igures  2-1 and 2-2) which in turn  has  

However, the scientific mission 

The genera l  a r rangement  is a l s o  

2-  1 
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a predominan effect on solar  panel deployment method and payload or ienta-  
tion control. It appears ,  therefore ,  that a sys tem design analysis i s  required 
to determine the proper  engine type fo r  optimum scientific mission capability. 
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3 .  SCOPE O F  INVESTIGATION 

This analysis covers the performance capabilities of solar-electr ic-  
propelled ear th  satel l i tes  that would be operational in  the post-1 964 period. 
P a r a m e t r i c  performance data a r e  derived fo r  a family of spacecraft ,  
specific designs evolved for one electrothermal type and one electrostat ic  
type, and their  capabilities in performing ear th  satell i te scientific missions 
investigated. 

LAUNCH VEHICLE CONSIDERATIONS 

Since the spacecraf t  under consideration is  power l imited by the 
volume of so la r  panel that can be effectively contained within the par t icular  
nose shroud, the analysis has been res t r ic ted  to  sys tems using only the 
Thor-Agena B and Atlas-Agena B launch vehicles. 
study indicated that the Thor-Delta would be limited to  a maximum of 
about 600 to 700 watts,  which is impractical  for  reasonable orbit  t ransfer  
t imes.  The Agena nose shroud, however, can conveniently house enough 
so lar  panel volume to  produce up to 4000 watts of power. 

A previous Hughes 

ELECTRIC ENGINE SELECTIONS 

Discussions were held with personnel f rom the Lewis Research  
Center ,  Hughes Research  Laboratories,  and Plasmadyne Corporation to  
establish the projected capabilities of the electron bombardment ion engines, 
the ces ium contact ion engines, and the a rc- je t  engines, respectively. 
Also, s ince recent  laboratory experiments by both the Lewis Research 
Center and Plas madyne have indicated much higher potential efficiencies 
for res is to- je t  engines than a r e  projected for a r c - j e t  engines, the present  
analysis was expanded to include resisto-jet  engine sys tems,  The power- 
to- thrust  ratios predicted for these engine sys tems for the post-1964 e r a  
(and those used in  developing the spacecraft  Performance data) a r e  
presented in Figure 3 - 1 .  

3-1 
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TRAJECTORY CONSIDERATIONS 

Both near-polar orbit  and near-equatorial orbit  t ransfer  missions 
a r e  considered in this study. 
continuous thrust ,  while the equatorial orbit t ra jector ies  a s sume  constant 
th rus t  paral le l  to  the sunline while in view of the sun whenever the angle 
between thrus t  and vehicle velocity vectors is within a fixed range, and 
coast  while in the ear th 's  shadow. 

The polar orbit t ra jector ies  a s sume  constant 

The digital computer program derived for this study includes the 
perturbations due to  the ear th ' s  oblateness, gravitational effects of sun 
and moon, a tomspheric  drag, and solar radiation pressure .  Details of the 
computer program a r e  given in Section 4. 

Since the types of spacecraft  t o  be analyzed in the study a r e  power 
l imited,  the performance c r i te r ion  used is the maximum payload for  a 
given t r i p  t ime within the power levels available. The optimum specific 
impulse f o r  any t r i p  t ime is  the one that yields the grea tes t  payload. To  
accomplish the optimization for  a given mission, hand calculations were 
made of the variation of payload weight with specific impulse for specified 
values of t r i p  time. 
electric-engine sys tem was determined, and all computer runs were made 
at that specific impulse (see Figure 3-1) .  

In this manner,  the optimum specific impulse for  each 

3 - 3  
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4. SPACECRAFT PERFORMANCE 

COMPUTER PROGRAM 

The equation of motion for  a vehicle moving in the vicinity of the 
ear th  may be wri t ten:  

- 
d P  - = T ( P , g )  
dJI 

where is the orbital  elements vector 
forcing function f is of the order  of - the 

(4- 1) 

and JI1 the argument of latitude. The 
accelerat ion in excess  of the inverse 

square  cent ra l  force field. Since changes very slowly, the increment 
over one revolution 

(4- 4 

is very  near ly  alike for  neighboring revolutions. 
sibil i ty of calculating 
process .  More precisely,  a solution, Pn ,  t o  the difference equation 
(Equation 4-2) is sought, for  n = N, ZN, 3N, . . . , N >> 1. An algorithm 
for solving such sys tems of differential-difference equations has been 
developed by Taratynova:: t o  determine the long-term effects of natural  
perturbations on near  ear th  satellites. This technique, which consis ts  
a l ternately of solving Equation 4-1 fo r  one revolution and Equation 4-2 fo r  
N revolutions, is applied here  t o  the integration of microthrust  orbits. 

This suggests the pos- 
for  widely spaced revolutions by an extrapolation 

':"Numerical Solution of Equations of Finite Differences and Their 
Application to  the Calculation of Artificial Ear th  Satellites , 
ARS Journal,  July 1961. 
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Three  programs have been developed for  the investigation of 
various low-thrust missions.  
all the pertinent perturbations and, moreover ,  can accommodate a var ie ty  
of steering functions. P rograms  I1 and I11 a r e  writ ten for  specific s teer ing 
functions and a r e  aimed a t  computation speed. 
ten t imes fas te r  than P rogram I. Details of the three  programs a r e  
discussed i n  the following paragraphs and summar ized  in  Table 4-1. 

P r o g r a m  I is general  in nature;  i t  includes 

P r o g r a m  I1 runs at least  

P rogram I 

Equation 4-1 is integrated numerically by use of the Runge Kutta 
method. The J ,  J 3 ,  D t e r m s  of the ea r th ' s  potential gravitational a t t rac-  
tion of sun and moon, drag, and so lar  radiation p r e s s u r e  a r e  included in  
the perturbations. 
rEp x F s p  (FEP = earth-satell i te vector ,  Fsp  = sun-satell i te vector),  but 
this may be replaced by other steering functions. 
chosen a r e  free f rom singularity a t  z e r o  eccentricity.  

The thrust  acceleration vector is directed along - 
The orbit  parameters  

P r o g r a m  I1 

Thrust  acceleration is dirzcted along FEP x Fsp. Equation 4-1 is 
integrated analytically, holding P constant in  r(P, J I ) .  Eccentricity is 
assumed to be zero. D r a g  and oblateness effects of the first order  a r e  
included. 
whenever any p a r t  of the t ra jec tory  falls within the ear th ' s  shadow. 

The program has a shadow test ,  which terminates  the run 

P r o g r a m  I11 

Thrust  acceleration is directed along 3ps o r  -Fps, whichever points 
in the direction of motion. 
t ra jec tory  in  which the angle between velocity vector and thrust  acce le ra-  
tion vector is l e s s  than a prese t  value. 
vehicle i s  i n  the shadow of the earth.  
lytically. F i r s t -order  oblateness perturbations a r e  included. The option 
to  remove orbit eccentricity at various ranges of the semimajor  axis is 
als o provided. 

Thrusting i s  l imited to  portions of the 

N o  thrusting occurs  while the 
Equation 4-1  is integrated ana- 

POLAR ORBIT TRANSFER PERFORMANCE 

A number of low-thrust t ra jec tor ies  were computed in  which vehicle 
thrust  is applied normal  to both the sunline and local  ver t ical  and where 
the ear th 's  shadow is avoided. 
use of continuous thrust  with a fixed vehicle geometry where the so l a r  panel 
plane is kept normal to the sunline. 
payload and time involved in orbit t ransfer  missions using the Thor-Agena 
B launch vehicle. Spacecraft injection, at 1000 pounds g ross  weight, into 

These thrust  limitations correspond to  the 

F igures  4 - l a  through 4- ld  show the 
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TABLE 4-1. COMPUTER PROGRAMS 

St e e ring Functions 

A. Thrus t  vector in orbit plane normal  to  radius vector 

B. Thrus t  vector normal to both sun and ea r th  radius vectors  

C. Thrus t  vector parallel  to  sunline 

Mechanization 

I. General  P r o g r a m  (running time, 6 minutes) 

1) 

2) 

3) Includes perturbation of drag, so l a r  radiation, second-order ea r th  

Accomodates variety of steering functions 

Utilizes numerical  integration and extrapolation 

oblateness, f i r s t -order  sun and moon gravity 

W. Po la r  Orbit P r o g r a m  (running t ime, 30 seconds) 

1) 

2) 

3) 

4) 

Assumes c i rcu lar  orbit  - steering A o r  B 

Utilizes analytical integration and extrapolation 

Includes perturbations of drag and ea r th  oblateness 

Uses shadow tes t  to  terminate mission 

k111 .  Equatorial  Orbit  P r o g r a m  (running t ime,  16 minutes) 

Assumes elliptical orbit  - steer ing C 

Utilizes analytical integration of each orbit  

Uses shadow tes t  t o  determine th rus t  limits 

Includes perturbations of ear th  oblateness 

Includes option t o  remove orbit eccentricity 

-9- -8- 

P r o g r a m s  11 and I11 a r e  entirely adequate for  prel iminary design purposes.  
Propel lant  consumption and mission times ag ree  to four places o r  bet ter  
with resu l t s  of P r o g r a m  I. 
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a 300-n. mi. parking orbi t  is assumed. 
made fo r  s t ructure  and 100 pounds allowed for  the attitude controi sys tem,  
ba t te r ies  , t ransmi t te rs  , rece ivers  , antenna, and data s torage equipment. 
Payload is defined a s  that weight remaining af ter  so la r  panel, power con- 
vers ion,  engine and controls,  propellant, and tankage weights a r e  also de-  
ducted f rom the injection weight. 
on radiation damage data given in the section describing spacecraf t  sys tem 
design. Thruster ,  power conversion, and communication system weights 
a r e  descr ibed elsewhere in this  report .  

A 10-percent weight allowance was  

Solar panel weights were  calculated based 

Figure  4-le shows the relative performance of the four types of 
e lectr ic  th rus te rs  considered. 
best  suited for  this type of mission. 

The resis to- je t  t h rus t e r  appears  to be 

The effect on payload capability of changein parking orbi t  altitude is 
depicted in Figure 4 - l f .  
Thor-Agena B launch vehicle was assumed to be 925 pounds in a 500-n.mi. 
orbi t  and 600 pounds in a 1000-n.mi. orbit .  A specific power plant weight 
including power conversion equipment of 200 lb/kw was assumed. Except 
for  the shortest  mission t imes ,  l i t t le payload capability i s  gained f rom an 
increase  in initial orbital  altitude. However, higher altitudes may be ad- 
vantageous from a launch window standpoint, and such a tradeoff should be 
examined for  specific cases .  

F o r  this comparison the orbi t  capability of the 

Except f o r  F igure  4 - l f ,  the payload capabilities depicted assumed 
so lar  panel weights derived f r o m  solar  cell degradation calculations a s  
descr ibed in the section entitled spacecraft  sys tem design. 
show a reduction in the intensity of the radiation bel ts  surrounding the 
ear th  o r  a decrease in solar  cell  radiation damage, substantial payload 
inc reases  can be expected. F igure  4 - l g  shows the effects of power plant 
specific weight ( so la r  panel plus power conversion equipment) on payload 
capability for  an ion-engine-powered vehicle. F igures  4-2a through 4-2c 
show the polar orbi t  t ransfer  performance for  missions using the Atlas- 
Agena B launch vehicle. Ion, a r c - j e t ,  and res i s to- je t  t h rus t e r s  a r e  con- 
sidered and payload i s  a s  defined previously. 
culated f rom data a s  presented in the section describing spacecraft  sys tem 
design. The resisto-jet  is  shown to be bes t  suited to this mission. 

If future data 

Solar panel weights were  cal-  

F igure  4-3 shows the reduction in mission t ime that can be achieved 
by thrusting in the orb i t  plane r a the r  than normal  to the sunline. 
small reduction in  mission t ime does not s eem to warran t  the complexity 
associated with the independent thrust  vector  and so lar  panel alignment 
required to achieve it. 
th rus t  vector swings sinusoidly above and below the orbi t  plane during 
each orbi t  up to a maximum out-of-plane angle equal to the angle between 
the orb i t  vector and sunline. F igures  4-4a through 4-4i show the va r i a -  
tion in this  maximum out-of-plane angle with orbi t  altitude fo r  missions 
using the Lewis ion engine and Thor-Agena B launch vehicle. 
launch t imes  of 5, 6 ,  and 7 a . m .  on 21 December of any yea r  a r e  shown 
at 2- ,  3 - ,  and 4-kw ion engine power levels. 
number of initial orbit  inclinations and each run is terminated when the 
vehicle enters  the ea r th ' s  shadow. 

This 

In missions with fixed vehicle geometry,  the 

Mission 

Each mission is shown fo r  a 
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Figure  4-5 shows the maximum altitude achieved under the above 
limitation, as a function of initial orbit inclination and engine thrust  level. 
The maximum altitude attained is clearly a function of the thrust  level  
used. Only the highest th rus t  level (corresponding to a 4-kilowatt Lewis 
ion engine) achieved the 24-hour altitude. 
(corresponding to a 2-kilowatt Lewis ion engine) allows orbi t  t ransfer  to 
something over 1. 5 ear th  radi i  altitude. 

The lowest thrust  level 

F igures  4-6i through 4-6j show the effects of parking orbi t  inclina- 
tion on the t ime to 1, 2, and 4 ear th radi i  altitude fo r  th rus t  levels cor -  
responding to the ion, a rc - je t ,  and resis to- je t  engines considered and 
for  launch on 21 December.  The effect of thrust  level on launch window 
and altitude attainable can be  obtained by a comparison of these f igures  
at the various thrust  levels used. Ion engine power levels of 2,  3 ,  and 
4 kilowatts and electrothermal  engine power levels of 1, 2,  and 3 
kilowatts were  used. The use  of low power level ion engine (2  kilowatt) 
s eems  marginal  for  orbi t  t r ans fe r  to even 1 ear th  radius altitude. The 
lowest power level res is to- je t  (1 kilowatt) has  adequate thrust  for  orbi t  
t r ans fe r  to  4 ear th  radii  altitude. These f igures  demonstrate  the effect 
of minimal  th rus t  levels on launch window and attainable vehicle altitude 
for  miss ions  originating f r o m  300 n. mi. parking orbi ts .  

The use of a somewhat higher parking orbi t ,  possibly 500 n. mi. , 
m a y  alleviate this  problem and should be  examined if th rus t  levels below 
15 millipounds a r e  to be used. 

F igure  4-7 shows the variation of launch window with launch date 
f o r  missions to 1 ear th  radius altitude for  a 2-kilowatt Lewis ion engine 
(15. 4 millipounds). 
fo r  morning launches and repeats  exactly in the following 6-month period 
fo r  evening launches. 
parking orbi t  inclination in la te  February through ear ly  March and in la te  
August through ear ly  September. 

The launch window as shown allows a 6-month interval 

This figure shows a marked reduction in usable 

F igure  4-8 shows the variations in t ime to 1 ear th  radius  altitude 
as a function of launch date. Thrust level corresponded to the use  of a 
2-kilowatt Lewis ion engine and optimum parking orbi t  inc ination was 
used at each date and launch t ime. 
15  days (10 percent) in two consecutive 6-month intervals.  
mission t ime,  launch should be made f r o m  late  September through la te  
December and again f rom late  March through la te  June. 

Mission t ime is  shown to vary  about 
F o r  minimum 
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EQUATORIAL ORBIT PERFORMANCE 

Near - Equato rial Orbit Transfer  

payload capability and t r ans fe r  t ime to 24-hour orbi t  of a resis to- je t -  
propelled solar e lectr ic  spacecraf t .  An initial orbi t  altitude of 1000 n. mi. 
and vehicle weight of 4100 pounds was the assumed capability of the Atlas- 
Agena B with an OAO nose shroud (10-foot d iameter ) .  
paral le l  to the sunline when thrust  vector and vehicle velocity vector a r e  
aligned to within a prese t  value, and the vehicle is in view of the sun. 
thrust  is applied when the vehicle is in the e a r t h ' s  shadow The payload 
capability of such a vehicle a s  a function of miss ion  t ime for  launch on 
21 January of any year  i s  shown in Figure 4-9. 

A number of t ra jectory calculations were  made to determine the 

Thrust  i s  applied 

No 

An allowance of 400 pounds i s  given for  vehicle s t ruc ture  and 100 
pounds fo r  the attitude control system, ba t te r ies ,  t r ansmi t t e r s  , r ece ive r s ,  
antenna, and data s torage equipment. The remaining weight of 3600 pounds 
i s  allocated to payload, solar  panels,  e lec t r ic  t h rus t e r s  and controls,  p ro -  
pellant and tankage. 
section describing spacecraft  system design, assuming that equatorial 
orbi t  radiation dose is  three  t imes  that which would be received in polar 
orbit  between the altitude of 1000 n .  m i  
thrust-to-weight ra t io .  
pellant weight and 25 pounds were  allowed for  t h rus t e r  and controls.  

Solar panel weight was calculated f rom data in the 

and the 24-hour orbi t  a t  the s a m e  
Tankage was assumed to be 20 percent of the pro-  

Figure 4-10 shows the effect of initial orbi t  node (launch t ime)  on 
t ime to altitude for  3-kw resis to- je t -propel led vehicles launched on 21 Janu-  
a ry ,  21 March, and 21 May .  Launch can take place a t  any t ime of day, but 
significant reduction in mission t ime is achieved by launching with the orbit  
node approximately 180 degrees  f rom vernal  equinox. This is t rue  for  any 
launch d a t e .  

Figure 4-11 shows the effect of launch data on mission t ime and 

Yearly variation in mission t ime is about 10 
propellant consumption for  a 3 -kw resisto-jet-propelled vehicle launched 
with optimum orbit  node. 
days (5  percent) and  propellant consumption about 18 pounds (1 percent) .  
The capability of this type of vehicle i s  not significantly affected by launch 
date. 
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Figure 4-4 (continued). 
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Figure 4-4 (continued). 
d) Lewis 3-kw Ion Engine Spacecraft 
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Figure 4-6 (continued). 
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5. SPACECRAFT SYSTEM DESIGN 

SOLAR- ELECTRIC PROPULSION SYSTEMS 

Solar Cell Power System Design 

Radiation Damaee 

Space Environment. The radiation spectrum of the geocentric radia-  
tion zone used for this analysis is shown a s  Figure 5-1 for protons and F i g -  
u r e  5-2 for  the electrons.  These have been determined f rom References 1 
through 9. They 
a r e  subject to uncertainties of an order  of magnitude, par t icular ly  for the 
distribution of par t ic les  with energies l e s s  than 10 mev. 
the proton spectrum in the region of the inner radiation zone for energies 
l e s s  than 10 mev. 

The data shown a r e  considered as  omnidirectional fluxes. 

Little is known of 

Mission Considerations. Four missions have been selected to cover 
the t ime spectrum spiraling to a specific altitude a t  a slow r a t e  and a t  a high 
ra te .  Two thrust  levels of ion 
engines and two thrust  levels of the resis to- je t  were selected to cover the 
spectrum. 

The missions used a r e  shown in Figure 5-3. 

The missions a r e  covered in Section 3 of this report .  

Solar Cell Degradation. Solar cells a r e  affected by high-energy 
corpusular radiations either by changes in c a r r i e r  lifetimes o r  by changes 
in energy levels in the mater ia l .  
parameter  affected by radiation in silicon solar  ce l l s ;  the l ifetime is 
decreased  by radiation which correspondingly dec reases  the short-circuit  
cu r ren t  available f rom the cell.  
concerning radiation damage to solar cel ls  can be found in References 10 
through 15. 

The c a r r i e r  lifetime is the most  sensitive 

A comprehensive discussion of the theory 

A knowledge of the integrated flux and the type of cell  to be used, 
which determines the c r i t i ca l  flux value, dc, can be used to determine the 
percentage degradation caused by the par t ic le  irradiation. 
used to obtain the equation for  calculating degradations: 

Reference 16 w a s  
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-112 - Q = [; (5) 1 '2+ 11 
100 

whe r e  

Q = percent of initial output of so l a r  ce l l  

9 = total integrated particle flux taken f rom Figure  5-1 that 
s t r ikes  so la r  ce l l  

9, = integrated flux necessary  to  reduce short-circui t  cur ren t  
by 25 percent 

There  a r e  two uncertainties in using this expression. First, there  
exist  uncertainties in  the integrated flux parameter  &. 
with par t ic le  energy i s  shown in Figures  5-4 and 5-5 f o r  proton and electron 
fluxes respectively. 

The variation of qC 

The representative values of #C used in the computation a r e  as 
follows : 

- 2  -1 sec  pc (protons) 5. 8 x l o l o  par t ic les  c m  

qc (electrons) 1 .0  x par t ic les  c m  sec  
- 2  -1 

Upper and lower l imits t o  account for  uncertainties a r e  as follows: 

d c  (protons) 
11 - 2  -1 

- 2  -1 
Upper: 1. 9 x 10 protons c m  sec  

Lower: 1 . 9  x l o l o  protons c m  sec  

d (electrons) 
- 2  -1 

14 - 2  -1 

Upper: 1 . 5  x electrons cm sec  

Lower: 1. 5 x 10 electrons c m  sec  

These values constitute the possible variation within the makeup of the so la r  
ce l l  and uncertainty in the measurement  of 9 

C f  

Second, the total external  dose impinging on the so la r  cel l  panels is 
uncertain because of lack of knowledge in the following a reas :  

1) 

2) 

Actual flux ra tes  and energy spectra .  

Percentage of total  flux actually affecting the so la r  cells.  
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The main concern is the amount of flux over an experimentally established 
flux r a t e  that affects the solar  cells.  

The solar  cells a r e  to be shielded with 30-mil sapphire or 45-mil 
quartz ,  which will so reduce the incident flux that only protons and electrons 
with energies  grea te r  than 10 mev and 500 kev, respectively,  will penetrate 
to  the solar  cell. 
contour in Figure 5-2 and dividing by three  (assuming equatorial  flux is 
approximately equal to three  t imes polar flux), the flux r a t e  ve r sus  altitude 
for protons and electrons in  a polar orbi t  w a s  obtained. 

Using the 10-mev contour in Figure 5-1 and the 500-kev 

Using thinner shielding (such a s  6-mil sapphire) for  weight reduc- 
tion (to be discussed l a t e r )  the omnidirectional flux for  4-mev protons and 
200-kev electrons would be reduced by a factor  of 2. The s t ruc tura l  back- 
ing remains  the same,  shielding E p  < 20 mev, and only the solar  cell  side 
wi l l  "see" the Ep  > 4 mev. 

The resu l t s  presented in this repor t  a r e  based on the assumption 
that the flux is near ly  omnidirectional. 
light of the following reasons:  

This assumption is considered in  

1) The s t ruc tura l  panels on which solar cel l  modules a r e  mounted 
a r e  thin honeycomb that receives  radiation f rom all directions.  

2 )  Secondary radiation, 40 percent of which a r e  neutrons,  i s  p r e -  
sent f rom the supporting s t ruc ture  due to high-energy impacts 
(Ep  > 400 mev).  

3 )  Outside neutron flux and gamma rays  have not been accounted 
for  in the computation of the solar  cell  degradation, in addition 
to the optical darkening of the shield due to soft par t ic les .  

This assumption may introduce a degree of pess imism into the 
degradation resu l t s .  

Fur ther  consideration of the s t ruc tura l  environment of the mounted 
solar  cel ls  producing possible differences in shielding capability indicates 
pessimist ic  resu l t s .  
shielding capability of 0 .45  gm-cm-2 which for the honeycomb mater ia l  
absorbs  protons E < 19 mev as compared to the sapphire coating on solar  
cel ls  that absorbs  protons E < 10 mev. The difference in flux due to this 
is a factor of 2.5. 

The support s t ructure  (honeycomb) constitutes a 

In addition, the radiation dose to "edge-on" with respec t  to solar  
The reduction due to this is  about a factor  of 1 / 8 .  ce l l s  is not effective. 

This makes the final flux two-thirds of the assumed value o r  about 30 pe r -  
cent l e s s .  Even with as large a discrepancy as this, the difference in the 
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degradation of the solar cel ls  a t  the end of the mission is about 5 percent.  
It is possible that the secondary radiation effects not considered could make 
up this difference. 
mine the accuracy of the degradation resul ts .  

Experimental  measurements would be required to de te r -  

The uncertainty in Qc can  contribute as muchas  * l O  percent degrada- 
tion increment a t  the end of the mission depending on the type of solar cell  
selected.  

Using the expression for  decrease in solar  cell  output, the nomo- 
graph shown in Figure 5-6 was obtained. The nomograph covers  the ranges 
of dc for  e lectrons,  protons,  and, i f  needed, neutrons and gamma rays .  
It a l so  covers  the expected total dose that impinges on the solar  cel ls .  By 
selecting the proper value of dc and the estimated total dose and connecting 
with a straight line, the reduction in  solar  cel l  output can be read  directly 
f rom the middle line. 

Total par t ic le  radiation doses a r e  shown in Figure 5-7 for  the pro-  
tons and in Figure 5-8.for the electrons corresponding to the four basic 
missions selected and as a function of altitude. Figure 5-8 includes the 
total electron dose for the contribution of the ar t i f ic ia l  radiation zone 
created 4 July 1962 by a high-altitude nuclear explosion. The determinations 
of the solar  cell  damage and subsequent necessary  solar  panel a r e a  a r e  
based on the following additional assumptions: 

1) Range of res is t ivi ty  is a factor determining the dc. 

2 )  Range of initial efficiency is 6 to 9. 6 percent.  

3 )  Proton and electron flux is a s  shown in Figures  5-1 and 5-2. 

Putting all the assumptions together along with the uncertainties,  
considering the fluxes shown in Figures  5-1 and 5-2, and considering the 
total doses  shown in Figures  5-7 and  5-8, the so la r  cell  degradation for 
each of the selected missions i s  shown in Figure 5-9. 
include the percentage degradation due to protons and electrons by combin- 
ing as an r m s  value. This,  then, is converted back into the percentage of 
the initial output by subtracting from 100.  

These resu l t s  

Recent data and calculations on the lifetime of the radiation zone 
created by the 9 July 1962 high-altitude nuclear blast  show that the zone, 
o r  a portion of i t ,  wi l l  remain  for as long a s  10 years .  
added electron flux is shown in F i g u r e  5-2. 
ron flux dec reases  and moves to higher altitudes. 

The amount of 
As t ime increases ,  the elect-  

Results of considering the added electron flux a r e  shown in Figure 
A comparison i s  made between the degradation curves  for the natural  5-10. 
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radiation zone (seen in F igures  5-6  and 5 - 7 )  and the ar t i f ic ia l  radiation 
zone. 
the same effect as  increasing the proton dose 'by  a factor of 2 .  

The additionaldegradation is about 5 to 10 percent .  This has  about 

Solar F l a r e  Damage 

At the present  t ime solar  f la re  activity is at a minimum, at leas t  
observably. 
of which adds to the noisy background of solar  emission. 
period to about 1967 or  1968, there  wi l l  be  a gradual increase  in solar  f l a r e  
activity (associated with the sunspot cycle). The previous maximum w a s  in 
1957, during which severa l  hundred f l a r e s  of grea te r  magnitude than import-  
ance "1" and several  decades of importance "2" f la res  were  observed. 
a rule,  f l a r e s  of importance "2" or grea te r  provide the grea tes t  influx of 
solar  protons,  
source since some of the la rges t  surges  have been associated with import-  
ance flllr f lares .  * 

Continual activity exists in  the sun and i t s  a tmosphere,  most  
F r o m  this quiet 

As 

Importance "1" f la res  cannot be overlooked as a proton 

Experimental data f rom INJUN I (Reference 17) and the Explorer - 
s e r i e s  probes indicate a n  increase  of a t  least  100 t imes  i n  the proton flux 
(4. 8 < L < 6. 1) fo r  mos t  kinetic energy levels f rom importance "2" f la res .  
Assuming that this is a valid number,  the increment of dose over an average 
of 3 days during the passing of the plasma cloud or tongue is about 10 per -  
cent of the total dose shown in Figure 5-7. 
f l a r e s  occur over a period of 1 year ,  the accumulated dose would be 
increased by a factor of 5 .  This increases  the so la r  cell  degradation by l e s s  
than 10 percent, 

If at leas t  50 importance "2" 

Some f lares  produce l e s s  proton flux while o thers  produce greater  
Relativistic f l a r e s  produce la rge  fluxes (up to 1013 par t ic les  proton flux. 

c m  - 2  sec -1) of high energy (E > 600 mev) par t ic les  that could conceivably 
cause complete destruction. 
quency has been predicted a t  one every 4 years .  

Fortunately their  occurence i s  r a r e ;  the f r e -  

Mic rome teor ite Damage 

If g lass  coverslides of approximately 0. 10-cm thickness a r e  added 
to the solar  cells, damage to the silicon solar  cel ls  by micrometeori te  pene- 
tration would be insignificant in a 1-year period, using mos t  of the penetra- 
tion equations presently in use  (References 18 and 19). The one major  prob- 
lem he re ,  aside f rom lack of information concerning hypervelocity par t ic le  
bombardment on glass, i s  optical erosion. Whipple's technique and his  es t i -  
mate  of 1000 tons per  day of e ros ive  meteori te  mater ia l  reaching the ear th  

:: Private  communications with Lockheed Solar Observatory s taff .  
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indicate the optical erosion wi l l  not be appreciable in l e s s  t h a n  a y e a r ' s  
t ime.  

At the present  t ime, there  i s  little justification for  any of the est i -  
The need for more  

However, no evidence a t  this t ime indicates the 

mates  given on micrometeori te  damage to solar cel ls .  
space experiments o r  laboratory equipment to better simulate the space 
environment is apparent.  
need for  precautionary measures  to prevent micrometeori te  damage to solar 
cel ls  for  a 1-year period i n  space. 

Solar Panel Design 

Development and tes t  of solar cell  power sys tems for  space applica- 
tion has  been under way a t  Hughes for a number of years  on such a s  the 
Hughes NASA Surveyor and Syncom. Solar power instrument calibration has 
been verified at the Table Mountain, California, t e s t  facility in cooperation 
with Jet Propulsion Laboratory,  Applied Physics  Laboratory (Johns-Hopkins 
University), Space Technology Laboratories,  and others .  The validity of 
the design concepts established at Hughes was demonstrated in the recent  
NASA-Hughes Syncom flight tes t  as shown in Figure 5-11. 
so la r  panel design performance along with data points taken a t  Table Moun- 
tain and in space. The Y-1 tes t s  were made before and af ter  the spacecraft  
qualification t e s t  program. 
period in orbit .  

This figure shows 

The F-1 t e s t  data were  taken during a 6-hour 

Assuming a solar  panel a r e a  utilization of 90 percent and employing 
9 .  6 percent  space efficiency so lar  cells, it is reasonable to expect as initial 
solar  panel power capability 10 4 w / f t  2 of panel a r e a .  
solar  panel wi l l  weigh 1.2 lb/f t  1 . 

It is  estimated the 
This is a 20 percent  increase  in weight 

over the Surveyor solar  panel; the increase is due pr imar i ly  to the heavier 
solar  ce l l  coverglass  used. An increase in panel substrate  weight pe r  unit 
a r e a  i s  a l so  anticipated in order  to provide additional s t ruc tura l  integrity to 
the folding panel. At 1. 2 lb/ft2,  the panel w i l l  provide 8. 7 w/lb initially. 

F igures  5-12 and 5-13 i l lustrate the change in power per  unit weight 
and p e r  unit a r e a  as a function of the mission for the four engines shown. 
F igures  5-12 and 5-13 a r e  based on  the data shown in Figure 5-9 for  the dc  
values of 5 .8  x 101o par t ic les  ~ r n - ~  sec  - 1  (protons). 

Using more  optimistic cri t ical  flux values,  conceivably a factor of 
10 or  higher,would greatly improve the output of the degraded solar  cells and 
reduce the required solar  panel area.  A factor of 10 in the value of dc would 
reduce the final degradation by a decrement of 20 percent.  
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Battery Power Systems 
--c 

The most famil iar  and readily available energy s torage device is the 
battery,  which converts chemical to e lectr ical  energy directly.  Batteries 
have been developed over many years  to offer:  

High-power delivery for  short  periods of t ime. 

Operation a t  varying r a t e s  of power output. 

High reliability. 

Low cost.  

Minimum maintenance. 

Operation under adverse  conditions of vibration, tempera ture ,  
etc. 

As a power source, some of the disadvantages a r e :  

1) High weight if  long-term operation is required.  

2 )  Short operating life if an  external power source (solar  con- 
verter) is not used. 

3 )  Relatively short  shelf life for  secondary-type ba t te r ies ,  

Batteries have found extensive use in missi le ,  satell i te,  and space 
systems.  
sively in ballistic miss i les .  
but a r e  useful because of their  long storage capability pr ior  to activation. 
Secondary silver -oxide-zinc bat ter ies  offer the highest energy pe r  unit 
weight but a r e  cycle-life-limited. 
extensively in satell i tes because of their  long lifetime and ability to take 
many discharge-recharge cycles.  
the range between silver-cadmium and silver-zinc in t e r m s  of both specific 
energy and cycle life and have recently been used in  satell i te missions.  

F o r  example, silver-oxide-zinc p r i m a r y  bat ter ies  a r e  used exten- 
P r i m a r y  bat ter ies  of this type have a shor t  life 

Sealed nickel-cadmium bat ter ies  a r e  used 

Sealed silver-cadmium bat te r ies  fall  in 

Figure 5-14 shows the estimated cycle life of nickel-cadmium, 
s i lver -  cadmium, and silver-zinc secondary ba t te r ies  a s  a function of 
depth of discharge.  
by the Cook Electric Company and represent  some of the most  recent  
achievements i n  the industry.  
c show explicitly the difference in performance of the three  types of energy 
s torage systems present ly  in use.  

Data plotted in the figure a r e  based on t e s t s  conducted 

The trend l ines drawn in the curves  a,  b, and 
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The nickel-cadmium, and more  recent ly  the si lver-cadmium, 
batteries have been used in earth-orbiting space  missions requiring a la rge  
number of charge-discharge cycles. 
l imited to  use in lunar and interplanetary missions which requi re  a high 
energy density (watt-hours per  pound) and a r e  subject to  only a few charge- 
discharge cycles. 

The s i lver-zinc bat tery has  been 

In Figure 5-15 the specific energy of the three  types of bat ter ies  is 
shown as a function of discharge rate.  The graph is plotted for  the 
capacit ies obtained when the bat ter ies  a r e  subjected to  a 100-percent depth 
of discharge at  a temperature  of 70 * lo"  F at r a t e s  varying f rom 0. 2 t o  
100 hours. The t rend  l ines a r e  based on t e s t  and manufacturers '  data that 
represent  a n  average of the t rue  tes t  points. 

Power Conditioning 

Electronic and propulsion sys tem power demands can r a r e l y  be me t  
by s imple solar  ce l l /ba t te ry  combinations. 
power conditioning is required to  t ransform the p r imary  power sys tem 
voltages and cur ren ts  t o  voltage levels,  cu r ren t s ,  impedances,  and ripple 
content suitable for  use by the various power consumers .  Electronic 
sys tems generally requi re  a number of regulated voltage forms  both 
positive and negative with respec t  to  ships ground. Resisto-jet  and a rc - j e t  
propulsion systems requi re  only some form of cu r ren t  limiting while ion 
engine propulsion sys tems requi re  power forms  similar to electronic loads. 
The spacecraf t  mus t  provide equipment capable of converting bat tery and 
so lar  ce l l  power to  forms  acceptable to  both the electronic and propulsion 
sys tems.  

In many cases  some form of 

Figure 5-16 shows block diagrams for  two such systems.  

The f i r s t  sys t em is a Hughes miss i le  design. It is especially suited 
to systems which can  tolerate  a 2- to  5-percent voltage regulation of the 
major voltage forms and requires  only a s m a l l  amount of high-quality 
power. In this sys tem t ransformer  input is controlled to  regulate all 
voltage levels.  
of dissipative regulation where required. 
weight sys tem which can be built; however, any change in voltage or  cu r ren t  
level requi res  complete r edes ign of the t rans  f o r  m e  r - rect i f ier  package. 

Fine voltage control can be provided at the output by means 
This is potentially the lightest- 

The second sys tem shown is the present  Se r t  1 power sys tem design. 
In this sys tem,  unregulated dc is converted t o  unregulated a c  and then to  
regulated dc or  ac as required by a number of ac-dc power supplies and a c  
line regulators,  A change in voltage and cu r ren t  level of any par t icular  
voltage form will cause  redesigns of only a small par t  of the total  equip- 
ment package provided the total  power required is unchanged. A l a rge r  
number of magnetic components a r e  used in  this type of design and each 
must  be capable of operating over a wide range of input voltages. 
of design is potentially heavier than the f i r s t  system. 

This type 
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The weight and efficiency of either type of converter  can be 
est imated by assigning a nominal efficiency and specific weight to each 
s t ep  in  the power conversion. F r o m  past experience with Hughes f i re  
control, missi le ,  spacecraf t ,  and the Sert  1 ion engine power supplies, i t  
s eems  reasonable to  ass ign 90-percent efficiency for switch-type operations 
such as dc-to-ac t ransformer less  inverters ,  magnetic amplif iers ,  and 
s ilic on-c ontr olled rect i f ier  6. Transformer rect i f ier  c ombinations f o r  
voltages over 30 volts can be made 95 percent efficient, but ser ies- type 
dissipative regulator efficiency depends on operating voltage range. 
preregulation, this efficiency can be held to about 90 percent. 
Figure 5-16 then the use of preregulation will permit  overall  conversion 
efficienty of about 77 percent. 
l e s s  efficiency for  equal fractions of "fine" power. 

With 
F r o m  

The Sert 1 scheme will provide somewhat 

F igure  5-17 shows the estimated weight of unregulated t ransformer  
rec t i f ie rs  as a function of power output. 
given in  Reference 20. 
34,000 watts for  Hughes f i r e  control equipment constructed in the 1959-1960 
t ime period. 
operation at 2-kc frequency. 
both dissipative and magnetic amplifier type regulated power supplies a s  a 
function of power output for  a number of Hughes designs. 
the two sol id  lines shown two and four t imes the WADD t rans fo rmer  
rect i f ier  weight. 
design values indicates that the t ransformer  scaling law applies to other 
electronic components as well. 
amplifier type power supplies a r e  almost twice as heavy as comparable 
dissipative types. 
amplifier often heavier than its associated t ransformer- rec t i f ie r ,  but the 
high ripple content of its output greatly increases  the s ize  of required 
fi l ter  chokes and capacitors.  
t r ans fo rmer  rect i f ier  unit (often operating a t  2-kc frequency or  higher) and 
two switching units. 
adding the weight of the required 2-kc t ransformer  rect i f ier  to  twice the 
weight of a single switching unit. 

The upper line is a design rule  
Two experimental points a r e  shown at 1700 and 

The dashed line shows the effect on component weight of 
Figure 5-18 shows representat ive weights for  

F o r  reference 

The very close agreement between these curves and the 

This figure shows that 400-cps magnetic 

One reason  fo r  this is that not only is  a magnetic 

A complete dc-dc converter contains one 

The weight of a dc-dc converter can be est imated by 

Figure 5-19 shows such a weight es t imate  for  2-kc dc-dc converters  
along with design points for  Surveyor and Ser t  1 equipment. 
inver te r  weight is comewhat l e s s  than the est imated curve indicating the 
conservative nature of these extrapolations. The weight of a complete 
power sys tem can be est imated by adding the predicted weight f o r  each 
voltage form. The dashed line shows such a weight es t imate  for an  ion 
engine power system. 
power spli t  as follows: 50-percent beam, 30-percent ionizer ,  10-percent 
e lectrodes,  5-percent feed system, 5-percent res t .  This es t imate  ag rees  
quite well with Ser t  1 power system weight. 
weight of dc-dc converters  estimated by W .  A. Manahan in Reference 21. 
i s  a l so  in agreement with other results.  

The Se r t  1 

Engine efficiency was assumed to  be 50 percent and 

The curved line shows the 
It 

5-23 



State of The A r t  

1 

The introduction of new and better components can  resu l t  in sub- 

F igure  
stantial  reduction in the weight and s i ze  of power systems.  
tion is a l so  possible without the introduction of new components. 
5-20 shows a chronological sequence of Hughes dc power supplies con- 
s t ruc ted  during the 1950 to  1962 t ime period. The first three  sys t ems  
show the effect of a determined effort t o  reduce weight with no change in 
the type of available components. The second three  sys tems show the 
effects of additional effort applied to  reduce weight during a period when 
silicon rect i f iers  were available. Weight was reduced subs tantially in  this 
t ime interval. The last sys tem shows the effect of introducing sil icon 
t rans is tors .  
programs.  
other unit parameter.  

Weight reduc- 

This figure indicates the effectiveness of weight reduction 
The s a m e  technique can  be used to  improve efficiency o r  any 

Solar-Electric Power Svstem Design Character is t ics  

The a rea  of solar panel required to  operate the Lewis ion engine and 
the resisto-jet  engine for  polar orbit missions is shown in Figure 5-21. 
The band on each parameter  represents  the spread  on so la r  panel require-  
ments for  missions between 1 and 2 ea r th  radi i  altitude. In F igure  5-22 
the total  power sys tem weight associated with these missions is depicted. 
These weights and a r e a s  were computed f rom data descr ibed in the so la r  
ce l l  degradation and power conversion sections of this repor t ,and  have been 
used in the conceptual designs presented here .  

Cryogenic Hydrogen Storage 

Considerable variations in es t imates  of cryogenic hydrogen tankage 

This is  i l lustrated in F igure  5-23 which shows two se t s  of curves  
weights a r e  possible, depending on the assumptions used in the calcula- 
tions. 
depicting the variation of tank weight with useful hydrogen weight for  sub- 
c r i t i ca l  p ressure  s torage and constant use r a t e s  of 1, 2, and 5 pounds per  
day. 
The lower se t  represents  optimistic minimum weight designs without an  
outer shell ,  and requires  prelaunch ground cooling operations. The upper 
s e t  represents  a m o r e  conservative approach using an  outer shel l  and 
evacuated insulation space which simplifies the ground operations. Hence, 
the difference between the two se t s  of curves  is due, in par t ,  to the outer 
shel l  weight, and a l so  to  differences in the minimum thickness allowed f o r  
the inner shel l  and insulation. 

These curves a r e  based on data supplied by Beech and AiResearch. 

1 

Two design points a r e  shown for  tankage sufficient to  allow a 1000- 
pound gross  weight resisto-jet-propelled spacecraf t  t o  s p i r a l  up to  a n  
altitude of 1 earth radius. 
shel l  design because of space limitations. A cylinderical  single-shell 

Two half-size tanks were used in the double- 
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design was used. 
omitting the outer p r e s s u r e  vessel  is apparent. 
weigh 180 pounds while a single-shell design would weigh only 43 pounds. 

The substantial  weight saving which can be achieved by 
A double-shell tank would 

MISSION SELECTION 

A comparison of the payload capabilities of the family of so la r -  
electric-propelled satel l i tes  studied with the payloads required for  the 
NASA scientific unmanned satell i tes is shown in F igure  5-24. The curves 
shown a r e  for  spacecraf t  using various types of engines and various power 
levels.  

F igure  5-24 reveals  severa l  distinctive differences between the 
mission capabilities of the electrothermal  engine spacecraf t  and the 
electrostat ic  engine spacecraft .  F o r  comparable power levels,  the electro- 
s ta t ic  (ion) engine spacecraf t  have a g rea t e r  payload capability, but requi re  
up to  eight t imes  the orbit  t ransfer  time. Also, because of the long orbit  
t r ans fe r  t imes  for  the electrostatic engine spacecraf t ,  and because of the 
spa t ia l  dynamics of the orbit plane, the satel l i te  passes  through the ear th ' s  
shadow before it can  r each  an altitude sufficient to  remain  c l ea r  of the 
shadow. As a resul t ,  the ion engine sys tems shown (Configurations I11 and 
IV) a r e  altitude limited. 

The complete survey of the NASA missions examined for  this study 
is presented in Tables 5-1 through 5-5. Most of the NASA missions a r e  in  
fixed orbits except fo r  the normal  or abnormal  perturbation on the satel l i te  
orbit. The so lar -e lec t r ic  missions (a l so  perturbed) gradually sp i r a l  out- 
ward to  the maximum mission altitude obtaining data in concentric shel ls ,  
the thickness of which is a function of the t ime to  ascent  to the mission 
altitude. 

Selection of the mission or missions is based on the shortest  t ime 
to  mission altitude with the desirable value of payload. 
F igure  5-24a and b and considering the amount of payload of POGO and 
EGO, the most  desirable  selection fo r  the so la r -e lec t r ic  sys tem is the 
resis to- je t  with a 1. 5-kilowatt power level. 
will r a i s e  the POGO or EGO payloads of 150 pounds to  a mission altitude of 
about 2. 0 ear th  rad i i  in 43 days. 
capability of raising 258 pounds of payload to  a mission altitude of 1 ea r th  
radius. The POGO and solar-electr ic  satel l i tes  utilize the Thor-Agena B 
launch vehicle while the EGO spacecraft  uses a n  Atlas-Agena B. 

Referring to  

This par t icular  spacecraf t  

Fur thermore ,  this spacecraf t  has the 

Of par t icular  significance is the fact that all of the so la r -e lec t r ic  
satel l i te  configurations considered a r e  capable of carrying a POGO-class 
scientific payload up to a t  l ea s t  1 ear th  radius.  
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NASA missions like EGO and the Explorer  Ser ies  12, 13, and 14 
spend more  than half of the orbit period outside 5 ear th  radi i  altitude and 
consequently pass through the radiation belt rapidly. In this s ame  region 
up to 5 ear th  radi i ,  the solar-electr ic  sys tem spends all of its time. 

All the electr ic  engine systems would be sat isfactory for  mission 
altitude of 1 ear th  radius. However, taking into account the t ime element,  
the resisto-jet  with 2-kilowatt power level would lift 182 pounds to  1 ear th  
radius in  20 days as compared to 55 days f o r  the 1-kilowatt res is to- je t  
with 336 pounds, Any of the engines would accomplish the mission in l e s s  
than 205 days. 

Another factor  influencing the mission selection is the location of 
the plane of the orbit, 
equatorial (i 
INJUN I and 11, TIROS, and NIMBUS. Al l  the so la r -e lec t r ic  data a r e  for  
polar orbits (i N 97 degrees).  
orbit  would have a grea te r  payload capability than indicated here  for polar 
orbits. 

The data presented in  Figure 5-24 a r e  mostly 
*33 degrees) for the NASA missions except for  POGO, 

The solar-electr ic  satell i te in an  equatorial 

MISSION PAYLOAD 

Scientific Instrumentation 

In the selection of a typical scientific payload that would adequately 
demonstrate the potentialities of solar-electr ic  satel l i tes ,  the most  com- 
plete NASA payload was considered. F r o m  an  evaluation of the NASA 
programs and the proposed payloads in t e r m s  of scope and weight, the 
OGO-series payload and in particular the POGO payload was selected. 
150 pounds of scientific experiments f i t  within the performance specifica- 
tion of the solar-electr ic  satell i tes (See Section 5). 

The 

The OGO-series payload package is unique in that the use of a 
standardized door concept on which some of the experiments a r e  mounted, 
provides access  t o  experiments on the door and within the compartment. 

In lieu of repositioning all the scientific instruments typical for the 
OGO-series satell i tes,  the mounted main body "refr igerator  door" concept 
was retained. In this way a better comparison of mission capability could 
be made between the conventional fixed orbit  concept like OGO and the 
spiraling concept such as that of the solar-electric-propelled satell i tes.  

F o r  all pract ical  purposes the OGO payload can be considered in 
three sections: 

1) The re f r igera tor  door compartments. 

2) The volume between the re f r igera tor  doors. 
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3) Solar and antisolar sensors  that a r e  completely separated 
f rom the above compartments. 

The separation is based on the need for a package containing sensors  
to  be oriented with respec t  to the local ver t ical  (geophysical and anti- 
geophysical measurements) and other sensors  oriented with respect  to 
earth-sunline ( so la r  and antisolar) .  This is one of the basic requirements 
of the OGO-series satel l i tes  and can be met  with a so lar -e lec t r ic  satel l i te  
system. Adopting the same  payload internal arrangement  as proposed for  
OGO (scientific instrumentation only) the accessibil i ty of checking equip- 
ment and interchanging the instruments is retained. 

The only major difference between the payload of the so la r -e lec t r ic  
satel l i te  and the OGO s e r i e s  is in  the overall  volume of the package. 
a r e a  requirements  and flat surface mounting requirements a r e  met. 
previously stated,  only the OGO refr igerator  doors a r e  kept and the 
required additional volume is retained between the doors. 
volume of 45 by 33 by 28 inches. 

The 
As 

This gives a 

Other experiments that  a r e  sensitive to  the residual  magnetic fields 
of the satell i te,  the ion sheath, and other s t r a y  fields of the satel l i te  a r e  
mounted on booms a t  specified distances f rom the main body to  minimize 
the effects of the s t r a y  fields. The so la r  and ant isolar  experiments a r e  
mounted on so lar  panels to  maintain orientation in  the direction of the sun. 

The payload capability provides a t  l eas t  50 experiments that  can be 
individually changed to  facilitate many types of geophysical and as t ro-  
physical measurements.  These measurements fall into the following 
categories  

1) 

5) 

(not in  order  of importance): 

Magnetic field - The magnitude, direction, and variation of the 
geomagnetic Cield and near-ear  th  interplanetary magnetic field. 

Energetic par t ic les  - The flux, composition, and energy spec- 
t rum of trapped, solar ,  and in te rs te l le r  energetic par t ic les  
(subatomic) . 
Dust - The flux, composition, and energy spec t rum of micro-  
meteorit ic par t ic les  in an interplanetary space near  earth.  

Atmospheric s t ructure  - The p res su re ,  t empera ture ,  com- 
position, and density of the t e r r e s t r i a l  and cislunar 
atmosphere. 

Ionosphere - The electrons and ion densities and tempera tures  
f rom near  ear th  and interplanetary space near  earth.  
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Solar physics - Solar monitors in the ultraviolet, X-ray, and 
gamma-ray regions. 

Astronomy - Survey measurements  in  the ultraviolet, X-ray, 
gamma-ray, and very low frequency regions of the spectrum. 

Meteorology - Observations of ear th  in inf ra red  regions for  
weather. 

Planetary tes t s  - Test  bed for  instruments  proposed for  
planetary surface and environment probes. 

Technological - Tests  of power supplies, t he rma l  control, 
s t ructures ,  and interface problems. 

Biological - Tests  to establish the behavior of life forms  in  the 
space environment. 

Miscellaneous -Measurements  of night airglow radiations,  
aurora l  radiations, vehicle charge,  e lec t r ic  fields,  and other 
experiments pertinent t o  studying t e r r e s t r i a l  and cis lunar  
space. 

Telecommunications and Data Storage 

The communications and data handling subsystem of the so l a r -  
electric spacecraft  is provided to  process ,  s tore ,  and te lemeter  the 
measurements f rom at leas t  50 scientific experiments and pertinent 
spacecraf t  operational data. 

This subsystem includes the spacecraf t  components and the ground- 
based components that provide high reliability, accuracy,  and command 
c ont r ol of readout phas e. 

The vehicle communication sys tem consis ts  of redundant solid- 
s ta te  Minitrack beacons, command rece ivers ,  and te lemet ry  t r ansmi t t e r s  
and tape data storage systems.  The individual redundant subsystem may 
be selected by ground command except those where both units a r e  on a t  all 
t imes.  
is capable of measuring altitude to  better than 1-mile accuracy. 
command system will permit  the execution of up to  64 ground commands. 
The 1- and 10-watt PCM/PM/Pm te lemet ry  t r ansmi t t e r s  will permit  data 
t ransmission rates of 1024 and 40, 960 bits per  second to  NASA tracking 
stations (60-foot dish) with about IO-db overal l  power margin.  The tape 
s torage system is capable of recording over 11,000,000 bits of data over a 
12-hour period with playback in 270 seconds. 
capacity required by the OGO-series spacecraft .  

The Minitrack sys tem will be used to  determine vehicle position and 
The 

This is twice the s torage 
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GENERAL ARRANGEMENTS 

Configuration studies were  conducted in which so lar  panel deployment 
methods and tankage and propulsion system location were  varied to provide 
maximum payload weight in  a simple configuration compatible with the Thor-  
Agena launch vehicle and POGO experiment package. The la rge  s ize  of the 
experiment package and its orientation requirements  a r e  major  design para-  
m e t e r s .  Solar panel stowage is also cr i t ical ,  especially the large areas 
required f o r  ion engine operation which severely limits available volume 
within the Agena shroud. 
The first is  a cross- type solar  panel arrangement  in which p r i m a r y  solar  
panel deployment hinges a r e  located at the vehicle separation plane with 
so la r  panels stowed box-like within the Agena shroud and with payload and 
propulsion sys tems mounted on supporting s t ruc ture  within the box. 
second type of vehicle configuration uses  two rectangular so la r  panels with 
p r imary  hinge l ines paral le l  to the vehicle centerline with panels stowed by 
folding into an eight-sided box w'ithin the Agena shroud. 

The f i r s t  type of deployment permits  360 f t  

Two types of vehicle configurations have evolved. 

The 

2 of so la r  panel using eight 
secondary hinge l ines ,  while the second type of deployment pe rmi t s  only 160 

ment  i s  bes t  suited fo r  ion engine propulsed vehicles where power levels in 
excess  of 2 kw a r e  required;  the second configuration is  be t te r  suited for  
res is to- je t  propelled vehicles because of the lighter tank s t ruc ture  attain- 
able with the g rea t e r  design freedom allowed in this  configuration. 

f t  2 of panel using eight secondary hinge l ines.  The c r o s s  type a r range-  

In flight the solar  panels must b e  or iented normal  to the sun to 
receive maximum illumination, thus placing them approximately paral le l  
to the plane of the polar orbi ts  considered. 

Thrust  is applied in a direction paral le l  to the solar  panel plane and 
through the vehicle center of gravity. 
package surface must  be maintained normal  to  local ver t ical  during flight. 
Thrust  vector orientation is accomplished by attitude control of the space- 
craf t  while the experiment package orientation is maintained by gimbal 
and turntable mounts. 

Both thrust  vector  and experiment 

The vehicle communication sys tems consist  of redundant solid-state 
Minitrack beacons, command receivers ,  and te lemet ry  t r ansmi t t e r s  and 
tape data  s torage systems.  

Attitude control of the vehicle is accomplished by cold gas  th rus t e r s  
located at  the periphery of the solar panels. 
aligned to the sun vector  by means of a s imple shadow graph sun sensor ,  and 
the vehicle is pitched to place local ver t ical  midway between the yaw and 
rol l  axes  by means of a horizon scanner. Sufficient nitrogen cold gas  is 
provided to maintain vehicle orientation against gravity gradient, drag,  
magnetic, and so lar  p r e s s u r e  torques throughout the powered flight and for  
1 year  thereaf ter .  

The vehicle pitch axis is 
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Ion Engine Confieuration 

Figures 5-25 and 5-26 show the "cross" configuration with ion 
engines. The vehicle consists of a scientific payload package, tubular 
t r u s s  s t ructure ,  and solar  panel packaged to fit inside a 56-inch-diameter 
envelope. The experiment package is located at the forward end of the 
spacecraf t  on long supporting s t ruc ture  with the propulsion sys tem and 
miscellaneous components grouped around the vehicle center of gravity. 
The l a rge  solar panel required f o r  ion engine operation r e s t r i c t s  the 
orientation of the POGO package in the stowed position. 
vector is directed between solar  panel arms to minimize possible solar  
panel damage f rom engine exhaust plume. 
ment  orientation, the payload package must  be  pivoted on an axis paral le l  
to the thrus t  vector to eliminate misorientation due to vehicle roll .  This 
is accomplished by mounting the payload package on an A-frame gimbal 
which, in turn,  is mounted on a turntable which can be rotated 45 degrees  
to align gimbal and thrust  axes.  

The thrust  

To maintain proper  experi-  

Electr ic  gear and thermal  radiators  a r e  mounted in a bay directly 
below the turntable. The next bay down contains two electr ic  engine cap- 
sules,  two attitude control g a s  tanks, and a 7-inch-diameter mercu ry  fuel 
tank. The solar panel deployment mechanism is packaged in the next bay 
down. The square t ru s s  s t ructure  i s  attached to the circular  separation 
ring. Use of c ross  members  on the square t ru s s  allows tiedown to the sep-  
aration ring a t  eight places.  
an adapter cone on the Agena. 
mounted just above the separation plane. 
attitude control jets a r e  mounted on the solar panel t ips,  
panel i s  hinged to the s t ructure  and two outboard panels a r e  hinged to the 
center panel. 

The separation ring mates  with a ring on top of 
Two 25-foot extendible boom mechanisms a r e  

Four packages with sensor  and/or  
The center solar  

Dual-Tank Resisto- Jet  Engine Configuration ---- --- __. 

Figure  5-27 shows the "cross" configuration with a resis to- je t  engine. 
A turntable is unnecessary on the resisto-jet-powered vehicle because the 
smaller  solar panels required allow the experiment package gimbal to be 
oriented parral le l  to the thrust  line with the solar  panels in the stowed posi-  
tion. 

The vehicle consists of three basic s t ructural  subassemblies.  A 
magnesium sheet and stringer is  provided a s  an  adapter between the Agena 
forward attachment rings and the separation i s  effected by re lease  of a 
Marman-type clamping ring (s imilar  to Syncom 11). 

The s t ructure  forward of the separation plane i s  a magnesium alloy 

This section accommodates the data storage system, t ransmit  - 
sheet-s t r inger  fabrication, extending to  a channel section ring on the aft  
LH2 tank. 
t e r s ,  rece ivers ,  control electronics,  radiators ,  and thermal  switches. 
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The intertank s t ructure  is a magnesium alloy weldment of tubing 
s imi la r  i n  concept to  an a i r c ra f t  "engine mount" t ru s s .  
to  channel section r ings  on both LH2 tanks and provides support for  the 
res i s to- je t  engines and controls and fo r  the N2 tanks. 

This t r u s s  connects 

The experimental  package is supported in trunnions forward of the 
LH2 tanks to provide a c lear  view of ear th  in all operational att i tudes.  
bat tery is a l so  installed in  this compartment. 
the ro t a ry  actuators  and a r e  mounted to the forward LH2 tank ring by two 
tripods of magnesium alloy tubing. 

The 
The trunnions accommodate 

The solar  ce l l s  a r e  mounted on four hinged panels.  Each panel is 
comprised of th ree  hinged subpanels. The center subpanels a r e  hinged to 
the main s t ruc ture  forward of the separation ring to pe rmi t  rotation to the 
deployed position. 
pitch plane, and simple mouse-trap springs with suitable damping a r e  used 
to align the subpanels. 

Actuators a r e  provided to rotate  the panels into the 

Solar -oriented experimental  packages a r e  attached to the outboard 
ends of the panels. 
panels and extended on tubes of preformed tape, s imi la r  to Lofti 1 antennas. 

Boom-mounted experiments a r e  a l so  attached to  these 

- Single-tank Resisto- Jet  Engine Configuration 

F igures  5-28 and 5-29 show the rectangular panel configuration with 
a resis to- je t  engine. 
eight- sided box around a cylindrical hydrogen tank. 
fo rm two rectangular panels in a plane through the vehicle centerline.  
Resisto-jet  engines are mounted aft on the vehicle centerline. 
experiment package is mounted forward on a turntable which maintains 
proper  experiment orientation while the vehicle ro l l s  to  maintain maximum 
illumination of the solar  panels. 

In this  configuration, so la r  panels are stowed in an 
When deployed, they 

The POGO 

Experiments a r e  mounted on the solar  panel t ips  and on two 25-foot 
extendible booms mounted in a plane perpendicular to the solar  panel plane. 
Six cold gas  je t s  a r e  used to control roll ,  yaw, and pitch attitude. 

The s t ruc ture  consis ts  of a conicalpayload attached to a corrugated 
aluminum cylindrical  shell  stabilized by r i n g s .  
the p r i m a r y  s t ruc ture  and t ransmi ts  all loads to an  adapter cone on the 
Agena booster.  A c i rcu lar  honeycomb panel a t  the separation plane is used 
as the aft c losure and supports the electronic equipment, cold g a s  attitude 
control tank, and the res i s to- je t  engines. The LH2 tank is supported by an 
inverted truncated cone attached to the top of the corrugated cylinder and to 
the intersection of the top hemispherical  dome and the cylindrical  portion 
of the LH2 tank. A band of f iberglass  in the tank support ac t s  as a thermal  

This corrugated shell  is 
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b a r r i e r  between the outer corrugaed cylindrical  shell and the LHZ tank. 
Heat conduction through f i l l  and drain and overboard vent l ines is minimized 
by attaching these l ines to f iberglass  panels on the corrugated shell. On-pad 
insulation is provided by a helium g a s  purge.  
used to seal  the top and bottom of the LH2 tank during the helium g a s  purge. 
Any cracks  through joints on the corrugated shell  can be sealed with 
pressure-sensi t ive tape. 
valves during the boost phase. 
insulates the LH2 tank during the remainder  of the mission. 
mylar is attached to the inside of the corrugated shell. 
with approximately 1 inch of c learance between the LH2 tank and the insula- 
tion, prevent heat conduction t ransfer  to the tank. 
is lightweight, efficient, and relatively simple to install  and provides a 
substantial increase in payload over the dual-tank design. 

Tensil ized dacron bags a r e  

The helium g a s  is dumped overboard through 
One inch of perforated aluminized mylar  

The aluminized 
Dacron bag seals ,  

This insulation scheme 
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EQUATIONS USED IN TRAJECTORY COMPUTATIONS 

APPENDIX 

INTRODUCTION 

The reference sys t em is a se t  of nonrotating Cartesian coordinates 
with the xy plane coinciding with the ear th ' s  equator and the x-axis pointing 
toward vernal  equinox as shown in Figure A-1. 
perturbations due to thrust ,  drag,  ear th  oblateness, luni- solar  attraction, 
and so lar  radiation. 
and moon a r e  assumed to t rave l  in circular paths in fixed orbi t  planes. 
Angle of incidence is not considered in the calculation of radiation pressure .  

The vehicle undergoes 

The atmosphere is assumed to be nonrotating. The sun 

On the bas i s  of runs made- with P r o g r a m  I, it was decided that luni- 
so la r  attraction and solar  radiation may be ignored for  performance studies. 
These fo rces  a r e  not considered in Programs I1 and 111. 
and list of equations fo r  P r o g r a m s  I, 11, and I11 a r e  presented in this  appendix. 

A definition of terms 

DEFINITION OF TERMS 

t 

9 
r 

h 

i 

R 

S 

w 

Time 

Argument of latitude 

Radial distance 

Angular momentum p e r  unit mass 

Orbit inclination 

Component of perturbing acceleration along radius  
vector 

Component of perturbing acceleration normal  to radius  
vector in  orbit plane 

Component of perturbing acceleration normal  to 
orbi t  plane 
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VERNAL 

Figure  A-1. Reference Coordinates 
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.51 - Right ascension of ascending node 

e = eccentricity 

o= argument of per igee 

j - e s inw 

k - e cosw 

- Gravitational parameter  of body x PX 
f - Magnitude of acceleration due to solar  radiation 

p r  e s s ur  e 

- Solar radiation p res su re  constant KSR 
m - Vehicle mass 

- Vehicle side a rea  
S 

A 

U - Argument of latitude of sun 

U - Argument of latitude of moon 

F 

r 

S 

m - 
- Acceleration due to sun 

- Vector f r o m  center of body x to center  of body y. 

respectively. 

- Magnitude of F 

- Acceleration due to ear th 's  oblateness 

- Coefficients for f i r s t ,  third, and fourth harmonics 

S - 
XY E, M, S ,  P denote ear th ,  moon, sun, probe, 

XY 
r 

XY 

OB 
- 

J2' J3' Jq 
in  ear th ' s  potential 

- - Acceleration due to drag 

- Time derivative of 7 
F D  
- 

XY 
r 

P - Density 
XY 

AF 

M 

- Front  a r e a  of vehicle 

- Acceleration due to thrust  

- Matrix fo r  transforming to orbit  plane coordinates 

- Declination of sun with respec t  to orbi t  plane 
+S 

9 - Longitudinal angle of shn measured in  orbit  plane 
S f rom line of node 
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+T 
- Declination of thrust  accelerat ion vector with 

respec t  to orbit  plane 

- Longitudinal angle of thrust  accelerat ion vector 
measured in  orbit  plane f r o m  perigee 

- Upper and lower l imits  of eccentr ic  anomaly which 
define the interval of thrusting in  P r o g r a m  I11 E2’ 

n - Mean motion 

PROGRAM I 

Differ entia1 Equations 

dt - 
d+ 

dh 
dt 

d f i  

- 

d3/ 
di 

= F r S  

F r  sin JI W 

h s in  i 
- - 

- F r  C O S J I W  - 
h 

k r  cot i s in  J/ W 
= F{ -& c o s J I R -  

h 

t [ s i n +  ( 2  t k cos\cr) t j (1 t sin 
h 

h j r cot i s in  JI W 

h 
s in  + R - 

A - 4  

(A-2) 

(A-3) 

(A-4) 

(A-5) 

(A-6) 
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Computation of R,  S, W 

where 

Solar radiation acceleration 

Sun- moon perturbations 

u S = u so t 0. 11946129'-4t 

u = u  t 0. 159701 97'-3t m mo 

=ES 

ES 

Ear th  oblateness perturbation 

AS 
SR m 

f = K  - 

*The computation is performed in ear th  radius  units, minutes, and 
radians.  
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where  

5 2 1 -  z [3-7(+)2] 

i 

2 35 

Q = z [J2(+S (3-5e7)] t J3 (+) '+ [-1 t 1 0 0 -  

t J~ ($7 [ -15 t 70($ - 63 (+)"I 
Drag acc e le r  ati on 

- 
is  given in RSW (0. 17203694'-3 (FEP 

- D rEP F D - - -  - 
coordinate s) 

where  
2 1 1 2  

D = 0. 12163514 pITEP I AF (A-10) 

Thrus t  acceleration 

r P E X  rPS (A-11) - = T (0. 1721l3694'-~ 
m I r P E X  rPSl 

FT 

I 
I 
I 
1 
1 
I 
I 
I 
I 
I 
I 
P 
I 
I 

c o s t  C O S Q  - sin cos i s inn ,  

cosR -cos+ cos i sin 

sin i sin 

COS+ sin, t sin+ cos i cosn , 

- s in+  sin t cos+ cos i cosQ, 

s in+ sin i 

sin i)' 
+ [) = FD +(- sill+ R '  

I cos i n -s in  i cos s2 
(A- 12) 

I ( Fs t FM t FSR t FT) 
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PROGRAM I1 

The incremental  changes in the orbital  elements over one revolution 

By expressing the sun 's  direction (assumed to be constant over one 
that a r e  required in the dicyclic method a r e  presented he re  in closed 
forms.  
revolution) in t e r m s  of 8, and + 
constant for  the integration, the differential equations a r e  found to be 
integrable i n  t e r m s  of complete elliptic integrals  of the f i r s t  and second 
kinds. 

( s ee  Figure A-2), and holding the elements 

sin $2 

i s in  8 cos i cos a sin i 

s in  i s in  -s in  i cos cos  i 

I 

'ES s in  + = - 
rks 

~ 

' 2  
cos +s = ix'l& ' ES 

r '  ES 

v '  ES 
s in  eS = 4- 

ES ' y'ES 

x' ES 
2 2 ' Y'ES 

(A- 13) 

co t i  cos  + s  cos & I 2  (&) (A- 14) I 2 

A t  = a& [27r + 3 = Ta 
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2 
FT a C O S  + s  cos Os I2 ( + s )  3TJ2  C O S  i 

A a  ==- - 
pE sin i a L  

- F, a2 

A j  = A k =  O 

(A- 15)': 

(A- 16) 

(A- 17) 

(A- 18) 

(A- 19) :::::: 

4 
[E ( 8 )  - sin 2 + s  K ( 8 ) ]  +s I 8 8  degrees  I2 (+J  = 

cos2+s 

4 s  > 88 degrees  1 
8 

= 7r (1 -f - cos2  4,) 

e = 90 - l+sl (A-20) 

K (  8 )  and E( 8 )  a r e  the complete elliptic integrals  of the f i r s t  and second 
kind respectively. 

PROGRAM 111 

Thrust  is directed along the vehicle sun line (again assumed to be 
constant over  one revolution). 
when the independent var iable  i s  taken to be the eccentr ic  anomaly. 
integration l imits a r e  determined by the condition that thrusting occar  s 
only when the angle between the velocity and thrust  acceleration vectors  is 

The differential equations a r e  integrable 
The 

:::Orbit eccentricity is assumed to be low throughout t ra jectory.  
::::Singularity a t  8 =  90 degrees  i s  of no concern since this corresponds to 

the sun's crossing the orb i t  plane. 
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l e s s  than a prescr ibed  value, provided that the vehicle is in the unshadowed 
portion of its trajectory.  The s teps  of th is  calculation will not be presented 
he re .  However, given the thrust  angle 8T andbT and the l imits  of integration 
E and E (see  F igure  A-3)  the changes in the orbital  elements a r e  calculated 

1 2 as follows: 

Let 
2 3 

2 ( I t  e ) s inw s in  E - -  e E  s inw 
FT sin 9 a sin i na 

fa (4, 8, E) = 

cos w cos2 E e 4 1  - e2 - d1>- c o s  w cos E t 
2 

1 e 

2 
- -  sin w s in  E cos E 

2 3 
2 ( 1 t  e ) cos w s in  E - - e  E cos  w 

FT s i n +  

n a  
f i (  +, 8, E) = 

e 
2 

t J1-  e2  sin w cos E -- cosw s in  E cos E 

1 t eJ -2  sinw sin2 E 
2 

a F T  cos 3 
fh ( $ 9  8, E) = e E  sin 8 

2 n 

e td1- e2 cos 8 cos E - - 2 
sin 8 sin E cos E 

1 cos e sin2 E 
t e J 2  

2 
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Figure  A - 2 .  Sun Direction Referred to Orbit  Plane Coordinates 

THRUST ACCELERATION 

THRUSTING E INTERVAL 

Figure A-3. Thrust  Intervals  for  Equatorial  Orbi ts  
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- sin E cos E 

2 

cot i s in  + 
n a  

e cosz E )I) (A-24) 
2 

t d? cos w (- cos E + 

=T dl-ez 'Os 9 { 
[ 1 sin 8 - E - 2e s in  E f e (+, e, E) = 2 n a  

cos 8 cos2 E (A- 25) 
sin E cos E 

t 
2 

1 2 
s in  E cos E - - e sin3 E - - s in  4E 

2 
( 1 - e  ) 2 e 

2 3 32 J 

sin 8 t d z  [ (+ t e2) sin2 E t e cos E 
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Then, i f  

8, E) = and = 

the incremental  change due to thrusting is  

n 
i 

h 

w 
e 

t 

(A-27) 

To this must  be added the usual correct ions due to oblateness. 
assumed to be sufficiently high so that drag  can be neglected. 

Per igee  is  

I 

I 
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